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INVESTIGATTON AT TRANSONIC SPEEDS OF AERODYNAMIC
CHARACTERTSTICS OF A SEMIELLIPTICAT, ATR INLET
IN THE ROOT OF A 45° SWEPTBACK WING

By Robert R. Howell and Charles D. Trescot, Jr.
SUMMARY

An investigatlion has been made in the Langley transonic blowdown tun-
nel at Mach numbers from 0.63 to 1.41 to determine the increments in 1ift,
drag, and pitching moments due to the Insgtallation of a gemiellipticali-
shaped air inlet in the root of a L5° sweptback wing and to study the
Internal flow characteristics of the Inlet. The test ranges of angle
of attack and mass-flow ratic varied from O° to 9.6° and 0.3 to 0.86,
respectively.

At en inlet mass-flow ratioc of 0.80, a maximm totel-pressure
recovery of 0.97 was obtained up to a Mach number of 1.0. The total-
pressure recovery decreaged with Incressing supersonic Mach number 4o
e value of 0.90 at a Mach number of 1.40. The recovery increased rather
rapidly with increasing inlet mess-flow ratio for Mach numbers gbove
sabout 1.10. Removal of only sbout % percent of the inlet air through
a boundery-layer removal scoop increased the subsonic total-pressure
recovery 0.5 percent and the total-pressure recovery at Mach numbers
of 1.25 and 1.40, 3:5 percent and 2.0 percent, respectively, for angles
of attack of 0° and 4.2°. The changes in external aserodynamic character-
Istics Que to instellation of the inlet were generally small. A meximm
increase in drag coefficient of gbout 0.005 occurred at an angle of
attack of sbout 4°. The primary effect of the inlet installation on the
pltching moments was an increase in longitudinal stebility in a Mach
number range near 1.0. At low angles of attack, the performesnce of the
triangular-shaped wing-root air inlet investigated in NACA EM I52B08a
was comparable with that of the present inlet. At an angle of attack
of sbout 4°, the semielliptical-inlet performance was higher due pri-
marily to a lower Iinlet drag. TFurther improvement in performance of
wing-root inlets appears to depend largely on the development of en
efficient boundary-lsyer removal system.
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INTRODUCTION

The results of tests of a triangular-shaped wing-root air inlet
(ref. 1) indicated that thie type of inlet has performance character-
istics comparsble with those of the nose and fuselsge scoop inlet in
the transonic speed range. In addition to leaving the nose of the air-
craft free to house radsr, armament, and so forth, it has also been
found in some cases thet thickening the wing root to allow installation
of a wing-root type inlet may be advantageous in improving the struc-
turel qualities of the inboard wing sectlions thereby reducing the struc-
tural weight required to wilthstand a given bending moment.

The triangular-shaped wing-root inlet of reference 1 was developed
at low speeds (ref. 2). Upon testing it at transonic speeds, 1t was
found to have certain unfavorable internal-flow characteristics resulting
from excessive inlet lip droop and stagger. It was alsc believed that
the transition of the internal duct from the triangular to semielrculer
cross section over the limited duct length led to excessive Quect losses
and flow nonuniformity at the compressor face measuring station.

As a consequence of these findings, another wing-root inlet was
designed. This inlet was semielliptical in shape, had no Iinlet lip
droop, and had reduced lip stagger, especially of the outboard sections
of the inlet. The Internal duct cross-sectional transitlon was smooth
and more gradusl compared wlth the triangwler inlet of reference 1.

It is the purpose of the present paper to present the results of a
transonic investigation of the semlelliptical inlet. The Investigation
included measurements of the changes In external aerodynamic forces due
to the inlet installation and the internal-fiow characteristica of the
inlet. A basic unducted model weas used for comparative purposes. One
design of & boundary-lsyer removael system was tested to obtaln the effect
of boundary-layer removal on pressure recovery.

SYMBOLS

Cpp, basic model drag coefficilent, Eigﬁ

Doyt difference in drag coefficlent obtained between inlet and
basic conflgurations at same angle of attack and Mach num-
ber after effects of air exit have been removed (appendix,
see ref. 1)
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CI,D basic model 1ift coefficient,
94

AMoxt difference in 1ift coefficient obtalned between inlet and
basic configurations at same angle of attack and Mach num-
ber after effects of air exit heve been removed (appendix,
see ref. 1)

Cmb basic model pitchling-moment coefficient teken sbout quarter-
chord position of the mesn aerodynsmic chord, Mo—nslg—-—n—fl
Qs
A0, difference in pltching-moment coefficient obtained between

inlet and basic configurations at constant 1ift coefficient
and Mach nunber sfter effects of air-exit installation have
been removed

cTide al engine thrust coefficient based on ideal conditions % = 1.0
E/5, integrated total-pressure recovery welghted with respect to
L g
eAV,
mess flow, A 00O
L e o
i PoVo
o % impact ti
act pressure retio
B - Po
my /me mase-flow ratio, defined as ratio of total Internsl mass flow
to mags flow through a free-stream tube equal In area to
that of projected erea of inlet
A area
Ay projected frontal arees of both inlet openings normsl to flow
direction, defined by ms.xinnm inner 1lip radlus and fuselsge
wall
Apin minimum cross-sectionsl area of d.uct located at Inlet measuring

station (see fig. 2)

c local chord
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[¢]]

mean aerodynemic chord of basic wing, 4.462 in.

F frontal area of fuselage, T7.0T7 sq in.

H total pressure

M Mach number

m rate of internal mass flow

D static pressure

a dynamic pressure, %QVQ

R Reynolds number, based on mean aserodynamic chord of hasic model

p mass density

8 basic wing area, 80.7 sq in.

t wing sectlion thickness expressed in percent ¢

v local velocity parellel to surface and within boundary layer

Vi local velocity parallel to surface at outer edges of boundary
layer at the inlet measuring station

v velocity

X distance parellel to fuselage center line

Y distance perpendiculer to a plane through wing chord

a angle of attack '

Subscripts:

c compressor-face station

i inlet

o free stresm

S bypass scoop

b 4 Jet exit station
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MODEL CONFIGURATIONS

Basic model.- Photographs of the models are presented as figure 1.
The basic model consisted of a wing of 45° quarter-chord sweep mounted
wlth zZero incidence 1n the midw position on & fuselage of fineness
ratio 6.7 (fig. 1(a}). The wing (teble I) was composed of NACA 64A008
airfoll sections in the streamwlse direction and had an aspect ratio
of 4+.032, a teper ratio of 0.6, no twist, and no dihedral. The basic
fuselage was formed by roteting an NACA 652A015 airfoil about its chord

line and i1s identical with the basic configuration of reference 1.

Tnlet model.- Provision for instellstion of the inlet in the wing
root was mede by increasing the quarter-chord sweep of the basgic wing
in the inboard sections to 60° and by increasing the chord of the inboard
gections resulting in a sweep of the inboard maximm thickness line of
35°. The thicknesses of the inboard wing sections were increased such
that a spanwise cross section of the wing root taken at the 1line of maxi-
mum thickness formed a semiellipse which was symmetrical ebout the chord
line. (See teble I.) The resulting inboard sections were cut off along
g line correspondlng to the leading edge of the basic wing outboard of
the inlet, and the Inlet lips were faired around the semielliptical inlet
shape from this new leading edge to the maximum thickness of the wing.
The trailing-edge flllet resulting from the increase in chord increased
the total wing area by 6.8 percent. As shown in table II, the inlet was
made asymmetrlical to provide a thick upper lip, desirable from low speed
considerations (ref. 2) for obtaining & high meximm 1ift coefficient.
A lower-lip stegger of 30° was also incorporated to improve the internsl-
flow characteristics at high angles of attack. This degree of stagger
appeared to be a reasocnsble compromise between that required at low speeds
and that shown to be excessive at high speeds (refs. 1 and 2). Pertinent
dimensions of the inlet are found In teble II. Elliptical ordinetes were
used for falring the inner and cuter inlet lips.

The projected frontal area of the inlets relative to the fuselage
Ai/F = 0.167) was the same as for the trisnguler inlets tested in refer-

ence 1 which were designed to handle the air-fiow requirements of a repre-
sentative single-engine Jet alrplane assumed to be flying st an altlitude
of 35,000 feet, a Mach nunber of 1.0, and operating a% an inlet mass-flow
ratio of 0.8. The cross-sectional erea of the internal duct was graduslly
reduced by 6.4 percent at the inlet rake measuring station. This reduc-
tion in cross-sectlonal area is due primarily to the curvature of the
fuselsge wall of the inlet duct.

Inasmich as the two inlets were assumed to admit the air flow for

one engine, the internal ducting for each inlet was designed to undergo
a crogs-sectional transition from a semielliptical shape at the inlet to
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a gemlicircular shape and to merge at the assumed engine compressor face.
The ratio of the ares at the compressor measuring station to the ares at
the lnlet messuring station was 1.115. The duct behind the compressor-
face station wes circuler end led to an exit in the tail end of the fuse-
lage. Four exit asrems Ax/A; of 1.0, 0.75, 0.50, and 0.25 were provided

to vary the internsl-flow rate, as shown in figure 2.

A boundary-layer bypass scoop which improved the total-pressure-~
recovery characteristics of the inlet was installed between the original
inlet and fuselage wall for some of the tests. This installation wes
accomplished by removel of the fuselage surface immediastely shead of the
inlet to a depth equel to that of the boundary-layer scoop end by refeiring
the fuselage contour and inlet lip-fuselage juncture. (See fig. 3.) The
gcoop-inlet-area ratlo was As/Ai =~ 0.11. The scoop flow wes dlscharged

through the lower surface of the wing near the meximum wing thickness
station. ’

APPARATUS AND METEODS

Pressure meagurementsg.- The pressure instrumentation used for the
present tests wes the seme as that of reference 1 except for the dlstri-
bution of total- and statlc-pressure tubes in the inlet rake (see fig. L).
As in reference 1 a dummy inlet rake identical with the inlet measuring
reke was installed in the left duct in order to avold flow asymmetry due
to rake blockage when inlet measurements were made. The boundary-layer
removal system tested was instrumented with one total- and one static-
pressure tube in each duct.

Force and moment measurements.- In eddition to measurements of 1lift
and drag and 1lift and dreg tares which were made in the same manner as in
reference 1 (see fig. 5), pitching moments were measured in the present
tests. 1In order to evaluate the effects of the inlet alone on pitching
moment, an attempt was made to remove the effects of the Jet exit. Inag-
much as the uniformity of the flow warrented the assumption that the
momentum and base pressure force due to the jet act through the pitch
center, the changes in pltching moment due to the jet exit result solely
from elimination of the external pressure load on that part of the fuse-
lage cut off to provide the exlt and the changes in external pressure
load on the fuselage afterbody due to the exit flow. The corrections
made to compensate for the exit in the present tests were obtained by
measuring the pitching moments of the basic model with the closed fuse-
lage tail and with the fuselage cut off at stations corresponding to
those of the inlet model. The difference in moment was algebralcally
added to the pliching moment of the inlet model. No correction has been
made for the effect of the jet-exit flow on the pressures over the
afterbody.
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Tests.~- Force and pressure tests were made separately in order
to eliminste balance fouling by the model pressure tublng. Pressure-
measurement tests were glso made 1n two parts; the inlet rakes were
removed when the compressor face pressures were measured so as not to
measgsure losses caused by flow past the inlet rskes.

As was discussed in detall in reference 1, the absolute value of
force data presented hereln does not correspond to free air data due
primarily to the large model-to-tumnel-size rgtio. However, the more
importent aerodynamlic effects of installation of the Inlet in the wing
root can be evaluated from the differences 1n forces bhetween the inlet
and basic configurations.

In testing the triangulsr air inlet (ref. 1), it was found that
the model nose was in a longitudinsl Msch number gradient for Mach num-
bers of 1.2 and gresgter. It was later found that s more uniform flow
field at these Mach numbers could be obtained by shifting the model
downstream. Consequently, for the present tests, dats obtained at Mach
nurbers of 1.2 and greater were obtained with the model shifted down-
stream from its original position. This improvement In test technique
resulted in a difference between the present basic model drags snd those
presented in reference 1 for Mach numbers of 1.20 and greater. An exten-
sion of the subsonic Mach nunber range and an increasse in the number of
test points for the present tests showed that the basic model drsgs of
reference 1 were high st a Mach mumber of 0.80, the minimm test Mach
nuriber of reference 1. Additionsl differences in the two presentations
of basic model dreg data at engles of attack result from omitting a
negiigible strain-gage balance intersction in the reference psper. It
should be noted, however, that the drag increment due to the inlet should
be correct within the specified lilmits for all conditions of both papers
except for the lowest Mach numbers of reference 1.

The method of presentatlon of data in the present report is identical
with that of reference 1 throughout. Therefore, the lncremental changes
in force due to the installation of the inlet are comparsble as are the
totel-pressure recoveries.

The range of test variables and the estimated msximum error in
measured coefficients based on the scatter end repeatsehility of dats
points are given in the following table:
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Varieble Range Meximum estimated error
Mg 0.65 to L.kl +0.01
R 5.5 x 100 to 7.4 x 100 (a)
a o° to 9.6° +0.1°

m3 /mg 0.3 to 0.86 $0.02

85t any Mach number, R varied spproximately t2 percent due
to changes in stagnation temperature.

Egtimated meximum error
Measqred coefflclent of coefficient
Cp +0.00L
CL, +0.01
Cm $+0.003
HE - po
— +0.005
HO - Po
-H%(weighted) &+0,01

BAt the higher inlet mass-flow ratlos (’-’1 ~ 0. 8)
the maximum error is estimated to be t0.005.

A1l tests were made 1in the Langley transonic blowdown tunnel., This
tunnel is a slotted tunnel of octagonal cross section which measures
26 inches between flate. The pressure recording equipment is a rapid
response type necessitated by the short running time of the tumnel (ebout
30 seconds). The test Mach number is a function of the losses through
the tunnel and consequently changes with angle of sttack for large test
models such as the present one. The only variables which could be held
constant throughout the present test were angle of attack and the corre-
sponding Mach nunber for an initlaslly set tunnel loss., The dats pre-
sented as a function of a particutar vearisble for a given set of condi-
tions therefore necessarilly result from cross plots of the initial dsta.
Sufficient data were taken to insure proper fairing of the final curves.



NACA RM 153J22s R 9

RESULTS AND DISCUSSION

Internal Pressure Measurements

Flow et the inlet measuring station.- The same baslc model nose
contour was used for the present tests as that of reference 1. Measure-
ments showed the flow ahead of the inlet was the same in both tests. At
low angles of attack, the Mach number ghead of the inlet compression
shock was essentially free stream.

The pressure surveys at the inlet measuring stetion were made pri-
marily to determine the sources of loss in the inlet. The distribution
and relative magnitude of the losses 1s clearly shown by use of lsobars
of impsct pressure ratio as messured at the inlet measuring station
(fig. 6). The principel loss cbserved was due to entrainment of fuse-
lage boundaery lsyer. This loss increased as the Mach mumber increased
beyond the sonic value as a consequence, it is believed, of the inter-
action of the inlet compression shock with the fuselage boundary lsayer.
For all inlet mass-flow ratios less then sbout 0.5 reversed or unsteble
flow was cbserved at the inlet measuring station for the entire test
- Mach nmumber range (see, for example, fig. T). As the Mach nunber increased,
the inlet mass-flow ratio requlred for stsble flow at the fuselage surface
of the inlet increased. At a Mach mmber of 1.22, unstable flow in the
enterlng boundary layer was cobserved for a mass-flow ratio of sbout 0.7
(see fig. 7, My = 1.22). This is believed to be largely due to the

increasing losses from shock-boundary layer interaction with increasing
Mach mumber.

Flow at the compresgor face measuring station.- The loss due to the
entering boundary layer (a = 0°) is reflected in the decsy of impact pres-
sures along the fuselage wall of the duct (fig. 8). For practical inlet

my

mass~-flow ratios (i:? > 0.5) » the flow through both ducts is shown to be

falrly symmetricael. For inlet mass~flow ratios less than sbout 0.5, flow
asymmetry Gue to twin duet instebility (ref. 3) was observed (fig. 8,

m.
m—i; = 0.4}, From s plot of individual duct flow rate against total flow

rete (fig. 9) s it appears that the onset of instability occurs at

™M~ 0.5.

Mg

The mean total-pressure recovery at the compressor face measuring
station welghted with respect to mass-flow ratlo is presented in fig-
ure 10 as a function of Msch nunber snd mess-flow ratio for angles of
attack of @ = 0%, 4.20, and 9.6°. Alsc shown on this figure (o = 0°)
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is the total-pressure recovery obtainable through a normal ghock. At
the design mess-flow ratio (mi/mo = 0.8), a maximum recovery (H/Hb) of

0.97 wag obtalned. The difference between the normasl shock recovery and
the messured recovery et a Mach number of 1.0 (@ = 0°) was sbout 0.03H,

which could be sttributed largely to entering boundery layer and internal
duct losses. As the Mach number Iincreased beyond the sonic value, there

was 8 general decreagse in total-pressure recovery. At an angle of attack
of O°, the recovery decreased to sbout 0.90H, at My = 1.40. The differ-

ence between the measured total-pressure recovery and that obtainsble
through a normal shock at Mg = 1.4L0 wag sbout 0.06H, indicating an
increese in loss due to Mach number of sbout 0.03H, more than that

expected due to normasl shock losses. This lncrease in loss of recovery
with increasing supersonlc Mech number is believed to result from shock
boundary-~leyer interaction as previously discussed. The relative magni-
tudes of the shock and boundary-layer losses, however, are not guanti-
tatively known since messurements have shown that normel shock losses

do not elweys exlst in the outboard end of the inlet.

The effect of angle of attack was asmall for the design mass-flow-
ratio condition. In general at the lower flow rates the total-pressure
recovery increagsed with an increase in angle of attack in the supersonic ’
Mach number range. This is belleved to result primsrily from boundary-
leyer thinning due to cross flow behind the inlet compresslon shock which
moves forward with decreasing lnlet flow rate and increasing angle of
attack.

At Mach nunbers greater than about 1.10, the recovery dropped off
quite rapidly as the inlet mass-flow ratic was reduced (fig. 10(b)).
This 1s generally to be expected since the boundery-layer growth and
velocity profile are functions of the pressure gradlent which the boundary
layer must traverse., Reduction of the inlet flow mskes this gradient
more adverge. The incerease in the rate of reduction in total-pressure
recovery with decreasing inlet mess-flow ratios at Mach nurbers grester
than 1.10 resultes from the effect of the inlet compression shock inter-
sction with the boundery leyer immedlately ahesd of the inlet. At sub-
sonic speeds, the variation in totel-pressure recovery with inlet mass-
flow ratic was small for conditions where duct flow symmetry existed.

Effect of Inlet Imnstallation on External
Aerodynamic Cheracteristics
It wes noted previously that, because of the large size of the model
relative to the tunnel, the absolute force wvalues measured are not com-

parable to free-air conditions, but that the incremental values due to
the inlet instellation should be correct within the estimated limits.

S
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In order to present clearly the verlstion of the incrementsl force
changes as a function of Mach number or other variables, the data are
presented as the force coefficients of the basic configuration compared
with the force coefficients of the basic configurstlon plus the incre-
mental change due to the inlet ingtellation. All coefficients are based
on the wing area of the basic configuration. The increase in wing are=a
of the inlet configuratiorn due to the added area of the fillets was sbout
6.8 percent of the basic wing ares.

Lift.~- The variation of 1ift with angle of attack for various Mech
nunbers at inlet mess-flow ratios of 0.4 and 0.8 are presented in fig-
ure 11. The changes in 1ift due to the instellation of the inlet were
small. There was an apparent increase in 1ift at the higher angles of
attack which is attributed to the increase in wing ares resulting from
the fillets.

. Pitching moment.- The more significant changes in pltching moment
due to installation of the Inlet sppeared generelly as en increase in
stebility in a Mach nurber range near 1.0 (fig. 12}. The incrementsal
change of slope of the pitching moment curves due to the inlet was essen-
tially zerc at low subsonic speeds and agelin gpproached zero at the
highest test Mach number (My = 1.40). Inssmuch as the maximum chenge

of serodynamic center due to Mach number occurs at the highest test Mach
mmber, the detailed differences In stablillty between the basic and inlet
configurations at the intermediate Mach nunbers would be unimportant for
an alrplane designed to fly up to the meximm Mach number of these tests.
There was a sllght reduction In 1ift coefficient for pitch-up due to the
inlet which eppeared only in the Mach mmber range between M, = 0.975

and M, = 1.10. At some Mach numbers, instaliation of the inlet actuslly
Inereased the pltch-up 1ift coefflcient slightly. The varigtion in
pitching moment with inlet mass-flow ratlo over the test speed range

was generally within the accuracy of measurements for 1ift coefficients
below that required for pltch-up.

Drag.- The external drag variation due to Installation of the inlet
is presented in figure 13 as a function of Mach number and Inlet mass-
flow ratio for angles of attack of a = 0.1°, 4.2°, and 9.6°9. At the
two lower test angles, the drag increment due to the inlet was generally
small. The maximm Indicated increase In pesk drag amounted to about
AODgyy = 0.005 at a = k,2° which is s much greater engle of attack

than is required for level flight of a  conventlonally proportioned fighter-
type airplane flying in the particulsr speed range. At higher supersonic
speeds, the drag increase due to the inlet ingtallstion was again small.
For the 9.6° angle-of-attack condition, a condition rarely encountered
except during maneuvers, there sppeared s drag reduction due to the inlet
installation below a Mech number of 1.10. This reduction together with
the incresse in 11ft at this angle of attack (fig. 11) which sppeared
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generally over the same Mach number range indicates a possible reduction
in the amount of wing-flow separstion due to installetion of the inlet.
The change in peak drag was smell and at higher supersonlc speeds the
drag increment due to the inlet approached zero.

The effect of inlet mess-flow ratlo on the drag lncrement due to the
inlet (fig. 13(b)) indicates that a minimum inlet drag would occur at the
highest possible inlet mass-~-flow ratio. Thie fact, in conjunction with
the indicated increase in total-pressure recovery with increasing inlet
flow rate, points ocut the necessity of designing thls type air inlet for
a8 high a flow rate as possible, especially 1f the alrplane on which it
is to be used is desgigned to fly at supersonic speeds. A discussion of
the inlet performsnce under these conditions is made in a later sectlon.

Effect of Boundary-Layer Removal on Internsl
Pressure Recovery

Installstion of the boundary-layer removal system (fige. 1(d)} and 3)
resulted In some improvement in internal total-pressure recovery even
though the removal flow rste availasble was smell. The average mass flow
removed by the present scoop and bypass amounted to only sbout 3 percent
of the inlet mmss flow at mj/mg = 0.8, a = 0° to 4.2°%, for the test

Mach number range. The low boundasry-leyer removal rate resulte from a

poor removal system exlt design and is belleved insufficient especially
at supersonic speeds. The design of the present system wes limited by

the existing model construction.

The resultling galne in total-pressure recovery due to boundary-
layer removel ag measured at the compressor face station are Indicated
by the comparison of scoop-on recovery with scoop-off recovery in fig-
ure 14. Also shown (a = O°) is the recovery obtainsble through a normsl
ghock. TFor the design mess-flow ratio, e gain of sbout 0.005H, was indi-

cated 1n the subsonlc speed renge. At supersonic speeds, the spparent
galn was larger end amounted to about 0.03H; and 0.02Hy; et Mg = 1.25

end My = 1.40, respectively. A comparison of the scoop-on recovery

with the normael shock recovery shows that the subsonic loss was maintalned
up to a Mach number of sbout 1.25 (a = 0°) as & result of boundary layer
removal. Above this Mach number, the losses gradually increased indi-
cating that the removal rate was Insufficlent. Iarger gains in pressure
recovery due to boundary-lsyer removal are indicated for inlet mass-flow
reatios lower than the design value.

Inesmuch as the removal flow was discharged almost 900 to the axis
of the model, the drag due to the boundary-layer removal was sbout pro-
portional to the mass of alr removed. Hence, eny gain in performance
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through gains in pressure recovery would be peartielly offset by drag
increasses wilth the present removal-system design. The relative gain
in internal total-pressure recovery does indilcate, however, the impor-
tance of & boundary-leyer removal system for sir inlets of thils type,
and 1t 1is belleved that, with = proper system design, the overall per-
formance of these Inlets at trensonic and low supersonic speeds could
be made to gpproach that of a nose or forward underslung scoop inlet.

Inlet Performsnce

Wing-root air intets and fuselaege scoop inlets opersting at tran-
sonic speeds and mass~flow ratlos less than unity in the presence of an
Initial fuselasge boundary leyer suffer certain pensalties which are not
experienced by the pitot-type lnlets. These penalties result from the
unfavorable effect of the presence of the inlet on the inltial fuselage
boundary leyer and show up as a loss Iin internal total-pressure recovery
or an increase in externsl drag or both. The relative magnitude of the
two possible effects depends to a large extent on the size and velocity
profile of the fuselage boundary layer and the inlet flow rate. Conse-
quently, in eveluating an air inlet, & parameter should be used which
accounts for both the dreg end pressure recovery. The parameter used
in the present evaluation is the ratio of the net propulsive thrust pro-
duced by an engine in conjunction with the inlet considered to that of
the same engine with an ideel inlet; where the idesl inlet would be char-
acterized by a zero drag increment and 100-percent total-pressure recovery.

Accordingly the losses 1In total-pressure recovery measured for the
present inlet (with no boundary-layer removal scoop) have been converted
to a loss of thrust ACy by the conversion curve in reference 4 and

summed. with the increment 1n drag due to the inlet installstiqn ACD.
This in turn was subtracted from the ideasl thrust CTid.eal of a turbo-

jet engine matched with the inlet at & Mach number of 1.40, inlet mass-
flow ratio of 0.8, and at an altitude of 35,000 feet and is presented
as a fraction of the ideal thrust availsble for Mach numbers of 0.8 to
1.k at angles of attack of 0.1° and 4.2° in figure 15. Also presented
in figure 15 is the thrust schedule of the engine (in coefficlent form
based on basic wing area) and inlet mass-flow ratic schedule used for
the calculation over the Mach number range considered. Most of the data
used in the performance calculations were cbtalned by extrapolstion of
the drag and pressure-recovery date as a function of inlet mass-flow
ratio. The angles of attack considered (¢ = 0.1° and 4.2°) bracket the
required angle of attack for level flight of a normally proportioned
fighter-type airplane through the enclosed Mach number range.

The results of such celculations indicate that rather good perform-
ance can be obtained for 0.1° angle of attack up to a Mach number of
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ebout 1.2 (maximum loss up to My = 1.2 =~ 6 percent CTideal)' At the

higher Mach numbers, the performance drops off as a result of loss in
pressure recovery (maximum loss for entire test range = 10 percent CTideal)‘

Increasing the angle of attack to 4.2C decreased the general level of
performance of the inlet because of an Increage in inlet drag. Compari-
son of the present inlet with the trianguler inlet of reference 1 (o = 0.49)
shows comparsble performence for the two Inlets except in the viclnity of

a Mach number of 1.0 where installation of the triangular inlet resulted

in a lower performence due tc a larger inlet drag. At an angle of sattack
of sbout 4O, the semielliptical inlet had the better performance through-
out the speed range largely because of lower inlet drags.

A comparison of the externsl drag Increments and internal total-
pressure recoverles of the triasngular and semielliptical inlets are pre-
sented in figure 16 for an angle of attack of sebout 4° and a constant
mess-flow ratio of 0.7 (the highest mass-flow ratio presented in ref. 1).
This comparison et a constant mass-flow ratic is presented in contrast
to the higher and varying mess-flow ratios used in figure 15. The semi-
elliptical inlet is better from the drag standpoint in the transonic
range. At supersonic speeds, the incremental drag due to the inlet
Instellation 1s essentially the same in both cases. The pressure-recovery
comparison shows the semielliptlical inlet to be superior throughout the
test speed range with the larger gaine occurring at supersonic speeds.

Generally, it sppears that relstively high performesnce can be
expected for the properly designed and matched wing-root type inlet in
the transonic speed renge. Improvement in performance st supersonic
speeds appears to depend largely on the development of a method to
efficlently remove the effects of shock-boundary-lsyer interaction on
the internal totael-pressure recovery without severe cost in drag.

SUMMARY OF RESULTS

An investigation has been made 1n the Langley transonlc blowdown
tummel at Mach numbers from 0.63 to 1l.41 to determine the increments in
iift, drag, and pltching moment due to the installetion of a semiellliptical-
shaped air inlet in the root of a 45° sweptback wing and to study the
internal-filow charscteristics of the inlet. The test range of angle of
atteck and mass-flow ratio varied from O° to 9.6° and 0.3 to 0.86,
respectively. The more important results are summerized as follows:

1. At a test inlet mass-flow ratlio of 0.80 (angles of attack of 0O°
and 4.2°), a maximum total-pressure recovery of 97 percent was obtained
for Mach numbers up to 1.0. The total-pressure recovery decressed with
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increesing supersonic Mach nuriber to a velue of sbout 90 percent at =
Mach number of 1.k0. The total-pressure recovery increased rapldly with
increasing mess-fiow ratio for Mach nunmbers sbove sbout 1.10.

2., The principal lose observed in the internal flow resulted from
entrainment of the initial fuselage boundary lsyer by the imlet. This
lose is believed to be magnified considerably by shock boundsry-layer
Interection.

3. Removal of only gbout 3 percent of the inlet air through a
boundary-layer removal scoop increased the subsonic total-pressure
recovery 0.5 percent and the total-pressure recovery at Mach nmurbers
of 1.25 and 1.k0, 3.5 percent and 2.0 percent, respectively, for angles
of asttack of O° and 4.2°.

4., The ineremental changes in externsl serodynsmic force character-
istics due to the installation of the inlet were generslly small. A
meximim incresse in drag coefficlent of asbout 0.005 occurred at an angle
of attack of gbout 4°. The primery effect of the inlet instellstion on
the pitching moments was en increase in longitudinal stebility in a Msch
number range near 1.0.

5. At small positive 1ift coefficients (0° angle of attack), the
present inlet and the trisnguler inlet of NACA RM L52H08a had comparsble
performence for the design case considered. At an angle of attack of
gbout 4°, the semielliptical-inlet performsnce was better primsrily
because of g lower inlet drag lncrement.

Langley Aeronsuticel Laboratory,
National Advisory Committee for Aeronzsuties,
Langley Fleld, Va., October 9, 1953.
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TABLE I~ DESIGN DINSNSIONS OF BASIC AND DUOYED WING

Inlet airfoll seotion
Inlst ssotlon ’
- Banlo elrfoll eesction

e ——
-

<.

Semiapan Basic wing Ducted wing

nt:lﬂ.ngn (1:.) (parn:nt e) | o/t sweemp !?{;%)o (pnrn:nt a/4 svwaep | Imet o (pera:nt
{in.} {n) total o) {1n.) inlet o)
) 5a5ET ] 59
13547 | 5.250 2 Ls0 nm.es50 ! 11.11 60° 817 124
1.500 | 5.222 g hgo 10522 [ 11.80 60° 8,334 14,50
1.750 | 5.150 | k50 9,331 | 12.63 go° 7.608 15.75
2.000 | 5.087 8 350 g.11 13.59 é0® 64803 16.07
2.260 |5.025 8 b5° 6,951 13.7h 60° 8.157 15.53

ba.ss | 4973 8 150 5.976 |  12.78 60° 5.562 1374
Bu677 | 4918 s 350 h.918 8.00 [ 5.132 8.00
3.000 | h.837 8 a0 8,837 8,00 b5 k837 #,00
3.28% | %766 L 15° 4.766 £.00 5° ,766 4.00
3347 | k750 L 50 k150 8.00 o k750 8,00
1,500 | h.hée ] I50 hhge #.00 15° N.k62 £.00
9,000 | 3.337 g H59 3.337 8.00 45° 3.3%7 5,00

(a) Ohord hafore inetallation af inlet
(b) Onthoard end of inlet
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TABLE II~ DESIGN DIMENSIONS OF WING ROOT INLET GONFIGURATION
( A1 dinensions in inches)

~—B8ta. 1.347

gt

Reference line [ X Xy
through nose radius
Wing External surfaces (a) Internal surfaces (a)
atation
hy Xu Yu Xg hy, X1 T3 Xy, Ty, Xy, T,
1.347 0.338 | 1.998 | 0.625 | o.ul2 | 0.428 | 1.556 | 0.626 | 0.125 [ 0.300 | 0.185 | 0.366
1,500 «334 | 2,003 .621 137 A23 | 1,567 .621 .125 «296 .185 2361

1.750 <314 | 2.004 «599 L1, «39% | 1.593 +599 .125 278 .185 .338

2,000 273 (1,991 | .553 | 357 | <345 | 1.635 | o553 | .1256 | .38 | .185 | .289

2,250 .195 | 1.960 JH78 «256 248 | 1.705 178 .125 +161 .185 .196

{a) External and internal nose shapes determined from elliptical ordinates
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(a) Basic model; three-quarter view from above,

Figure 1.- Photographs of the baslc and imlet models.
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L=-7897L
(b) Inlet model; three-quarter view from sbove.
b

Figure 1.- Continued.
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(d) Inlet model with boundary-layer bypass s8coop;
three-quarter view from below,

Figure 1.~ Concluded,

1=T6793
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Distribution of cross sectionol area of the Internal duct 4
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16857 18.225
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FMgure 2.- Plan view of inlet model showing the details of Internal
ducting end exit configuration. All dimensions are in inches.
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Fugelage stq. 5.00

Totol-pressure tube
Static- prassurg fube

A “-'
Qriginal contour

sta. 719
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s

o

Figure 3.~ Details of boundsry-leyer bypass scoop. All dimensions are
in inches.
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RIGHT DUCT LEFT DUCT

© TOTALS

X sTATICS

TUBE DISTRIBUTION AT THE |L. WALL STATICS
COMPRESSOR~FACE MEASURING STATION

RIGHT INLET

1T

TUBE DISTRIBUTION AT THE INLET
MEASURING STATION

Figure L.- Total- and static-pressure tube distributions at the inlet
and compressor-face measuring stations.
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Figure 5.- General arrangement of models and model sypports. All
dimenslons are in inches.
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Mo=1.04 Mo=1.22
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Figure 6.- Contours of impact pressure ratio at the inlet measuring station.
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Figure T.~ Velocity profiles in the fuselage boundsry layer at the inlet
measuring station. a = O°; no boudery-layer scoop.
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Figure 8.- Contours of impact pressure retio at the compressar-face
measuring station. a = 0°.
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Normel shock recovery

[
L]
o

°
\O0

Total-pressure recovery ,

[
m

D
= . —
~ — —= ~— T —]
\§~_________\\ - \ﬂ
NN —
— =~
\\\ \\
S S~ (s 4
TN (deg)
N N\ e
h 0 -
—_— p—y
~
~
e —
‘_h“"“\\“ = —— ——.\ﬁ'\
i _‘r\\\ \ \
~
~ \
my \\‘ [~ ~ _ 4,2
my '\\\_\
Oog \7 ——
6 —-—
oll' _____
\J
\
~ T
B 9.6
«9 1.0 l.1 1.2 1.3 1.k 1.5

Free-stream Moch number , M,
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Figure 10.- Effect of variation of Mach number, angle of attack, and
mass-flow ratio on the weighted totel-pressure recovery at the
compressor-face measuring station.
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Figure 13.- Effect of variation of Mach number, angle of attack, and
inlet mass~-flow ratio on external drag.
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Normal shock recovery
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Figure 16.- A comparison of the variation of the externsl drag increments
due to the inlet and the internal total-pressure loss with Mach number
for the semielliptical wing-root inlet (o = 4.2°) and the triasngular
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